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EXPERIMENTAL PERFORMANCE OF AN ABLATIVE MATERIAL AS AN EXTERNAL INSULATOR 


FOR A HYPERSONIC RESEARCH AIRCRAFT 

Richard L. Puster and Andrew J. Chapman 
Langley Research Center 


SUMMARY 

An ablative material composed of silica-filled elastomeric silicone was 
tested to evaluate its thermal and structural performance as an external insu- 
lator, or heat shield, for a hypersonic research aircraft. The material was 
also tested to determine whether it would form a durable char layer when ini- 
tially heated and thereafter function primarily as an insulator with little 
further pyrolysis or char removal. Aerothermal tests were representative of 
nominal Mach 6 cruise conditions of the aircraft, and additional tests were 
representative of Mach 8 cruise and interference heating conditions. Radiant 
heating tests were used to simulate the complete nominal Mach 6 surface- 
temperature history. The silica char that formed during aerothermal tests was 
not durable. The char experienced a general and preferential surface reces- 
sion, with the primary mechanism for char removal being erosion. Tests 
revealed that radiant heating is not a valid technique for simulating aerody- 
namic heating of the material. 


INTRODUCTION 

The National Aeronautics and Space Administration and the U.S. Air Force 
have conducted a joint study to define a hypersonic research aircraft (ref. 1). 
Minimum performance requirements for this vehicle include Mach 6 cruise sus- 
tained for 40 seconds at an altitude of 27 to 30 km (88 600 to 98 400 ft). A 
possible vehicle configuration and a nominal Mach 6 flight trajectory are shown 
in figure 1 . The resulting aerothermal flight conditions during the cruise 
portion of the trajectory are presented in table I for the nominal Mach 6 
flight as well as for flight to Mach 7 and 8. The aerodynamic heat load for 
this vehicle poses structural and material problems which must be resolved in 
the design of the vehicle. One approach being considered is the use of a con- 
ventional aluminum structure protected by an ablative insulative material 
(SLA-220) bonded to the outer surface (refs. 2 and 3)* SLA-220 material is 

a silica-filled elastomeric silicone which has been proposed as an external 
insulator, or heat shield, on the basis of its predicted ability to pyrolyze 
and form a durable char layer during initial exposure to aerodynamic heating, 
and thereafter to. function primarily as an insulator with little further pyrol- 
ysis and essentially no char removal. The suitability of SLA-220 as a heat 
shield for a hypersonic research aircraft is dependent upon its ability to per- 
form in this mode. 



The present investigation was carried out to evaluate the thermal and 
structural performance of SLA-220 and to verify the predicted performance mode 
stated above. Three panels, consisting of SLA-220 bonded to aluminum substrate 
panels, were tested in the Langley 8-foot high-temperature structures tunnel 
during repeated aerothermal cycles at test conditions representative of the 
nominal Mach 6 cruise conditions, and at additional, more severe test condi- 
tions representative of the Mach 8 cruise or interference heating conditions. 
Tests were made with the SLA-220 molded in two different configurations and in 
two different lengths. The total heat load of these aerothermal tests was 
about one-half that of the entire flight trajectory. To evaluate performance 
of the SLA-220 when subjected to the entire flight heat load, one panel was 
exposed to radiant heating, which simulated surface temperatures for the 
600-second Mach 6 flight trajectory. 


SYMBOLS 

Values of physical quantities are given in the International System of 
Units (SI) and in U.S. Customary Units. Measurements and calculations were 
made in U.S. Customary Units. Conversion factors relating the two systems are 
given in reference 4. 

& panel length, m (in.) 

T temperature, K (°R) 

TPS thermal protection system 

t exposure time, s 

U velocity, m/s (ft/sec) 

x, y,z panel-holder coordinates, m (in.) (see fig. 4) 

x p,y p ,z p panel coordinates, m (in.) (see fig. 3) 

6 boundary-layer thickness, m (in.) 

Subscript: 

e edge of boundary layer 


APPARATUS 

Test Material and Panels 

The material evaluated was a silica-filled elastomeric silicone with an 
average density of 240 kg/m3 (15 lb/ft^). The silica is primarily microspheres, 
with a lesser amount of the silica being in the form of short fibers. This 
material, designated SLA-220 by the manufacturer, is described in references 2 
and 3. The material was fabricated to form two different configurations, stri- 
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ated and reinforced. The striated test material had cuts to one-half the mate- 
rial thickness in a 1.27-cm (0.5-in.) square grid pattern. The purpose of the 
striations was to relieve thermal stresses which occur during pyrolysis and to 
allow for material shrinkage. The striated material has a density of 224 kg/m3 
(14 lb/ft3). The reinforced material was molded into small cells by a glass 
fiber and polymer resin honeycomb structure. The partitioning of the material 
by the honeycomb walls serves the same function as the striations in the first 
configuration; in addition, the honeycomb structure is intended to help main- 
tain char integrity. The reinforced material had a density of 256 kg/m3 
(16 lb/f t3) . 

Test panel 1 (fig. 2) and test panel 2 consisted of four 25.4-cm 
(10.0-in.) square quadrants of the test material, 1.52 cm (0.60 in.) thick, 
bonded to 50.8-cm (20.0-in.) square stiffened carrier panels. The carrier 
panels were fabricated from sheets of 2024 aluminum 0.127 cm (0.050 in.) thick. 
A sketch of test panels 1 and 2 is shown in figure 3(a), The stiffness and 
mass of the carrier panels are representative of aircraft structure. The two 
material sections on the left half of panel 1 were composed of the reinforced 
material, and the two sections on the right half of panel 1 were composed of 
the striated material. On panel 2 the two test materials were applied alter- 
nately to each side, as shown in figure 3(a). Test panel 3, shown in fig- 
ure 3(b), was composed of the striated material; the length, width, and depth 
of the material were, respectively, 84.6 cm (33-3 in.), 50.8 cm (20.0 in.), and 
1.27 cm (0.50 in.). The aluminum substrate was relatively thick, 0.24 cm 
0.094 in.), although the effective thermal capacitance of the thick plate was 
the same as that of the carrier plate and stiffeners of the other two panels. 


Panel Holder 

Test panels were mounted in the panel holder (figs. 4 and 5) for testing 
in the Langley 8-foot high-temperature structures tunnel. The panel holder was 
a rectangular slab with a sharp leading edge, in the plane of the top surface, 
which was faired to the lower surface by a 20° bevel. A spanwise row of metal 
spheres on the upper surface, parallel to and 12.7 cm (5.00 in.) aft of the 
leading edge, tripped the boundary layer to insure uniform turbulent flow over 
the test surface. Aerodynamic fences were used on tests of panels 1 and 2 to 
provide parallel flow over the surface of the panel holder. The test panels 
were mounted in openings on the surface of the panel holder at the positions 
shown in figure 4. Test panel 1 can also be seen in figure 5. The test-panel 
surfaces were flush with the surrounding panel-holder surface, which was cov- 
ered with high-density Glasrock. The local flow and aerodynamic heat flux on 
the panel holder have been calibrated, and these results are reported in 
reference 5. 


Instrumentation 

Test panels 1 and 2 were instrumented with thermocouples to measure the 
temperature of the ablative material and the aluminum carrier plate. Thermo- 
couple installation details and locations are shown in figure 6, Six thermo- 
couples were installed in the test material in plugs inserted from the back of 
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the panel so that the thermocouples were 0.32 cm (0.125 in.) from the surface. 
Ten thermocouples were attached to the aluminum substrate as shown in figure 6. 

Surface temperatures were measured by a scanning infrared radiometer for 
test panel 2. An area of 5040 cm 2 (781 in 2 ) is mechanically scanned by the 
infrared radiometer with a spatial resolution of 1.3 cm (0.52 in.) in diameter. 
About 5 seconds is required to scan the entire area. The data are recorded on 
an FM system, digitized, and then plotted. This system operates at a wave- 
length of 2.4 pm to avoid absorption bands of carbon dioxide and water vapor 
present in the test medium. 

A survey probe (fig. 7), comprised of a pitot pressure probe and a total 
temperature probe, was used to measure the flow above the surface of the test 
panel and was located just ahead of test panels 1 and 2 (fig. 4). The probe 
was flush with the surface of the panel holder when not in use. The static 
pressure was measured from orifices flush with the panel holder, as shown in 
figure 4, and was assumed to be invariant throughout the boundary layer. With 
total temperature, pitot pressure, and static pressure measured as a function 
of distance normal to the panel surface, the equations and procedures given in 
reference 6 were used to calculate boundary- layer parameters of interest. 


Facility 

Tests were performed in the Langley 8-foot high-temperature structures 
tunnel, a hypersonic blowdown wind tunnel. The high-energy test stream con- 
sists of the products of combustion obtained from a mixture of methane and air 
burned under pressure in a plenum chamber. The flow is expanded through an 
axisymmetric, contoured nozzle to approximately Mach 7 into an open- jet test 
section. The flow is decelerated in a supersonic diffuser, pumped through a 
mixing tube, and exhausted into the atmosphere by a single-stage annular air 
ejector. A schematic of the facility is shown in figure 8. The panel holder 
is stowed in the pod below the test section prior to the establishment of 
hypersonic flow, as shown in figure 8, and is then rapidly inserted into the 
test stream after transient starting conditions have subsided and the desired 
flow has been established. As the panel holder moves from its stowed position 
it is simultaneously pitched to the angle of attack required for the test. The 
panel holder then moves through the test stream stopping at the center line. 

The panel holder with its aerodynamic fences can be used at angles of attack up 
to 15° without causing tunnel flow breakdown. Additional information about the 
facility may be found in reference 7. 

Radiant heaters were used to simulate the heat, load to the panel's for an 
entire trajectory time of 600 seconds. The radiant heaters, located outside 
the wind tunnel and operated in air at ambient conditions, consist of quartz 
lamps with a total power capacity of 0.4 MW and an effective lamp area of 
142 x 158 cm (56 x 62 in.). The maximum model size that can be tested is 
108 x 152 cm (42.5 x 60 in.) with the test panel located from 10.2 cm (4 in.) 
to 20.4 cm (8 in.) from the quartz lamps. 
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TEST CONDITIONS 


Most of the present tests were performed at conditions representative of 
the nominal Mach 6 cruise for about 40 seconds. An attempt was made to match 
the surface heat flux and shear stress for the reference location 254 cm 
(100 in.) from the nose of the hypersonic research aircraft. (See table I.) 

The test conditions required to simulate flight conditions were determined from 
the wind-tunnel and panel-holder calibrations of reference 5. A thermochemical 
equilibrium computer program (ACE) described in reference 8 was used to calcu- 
late the gas composition, and the thermodynamic, transport, and flow properties 
of the test medium. The gas composition is listed in table II for each test. 
The boundary-layer conditions on the panel-holder surface were calculated by 
using measurements from the boundary-layer survey probe. Additionally, the 
computer program of reference 9 was used to calculate theoretical boundary- 
layer properties, including the aerodynamic heat flux and shear stress, by 
using measured conditions as input. The pertinent parameters for each test 
panel are listed in table III. 

During the tests on panel 1 (table 111(a)) the aerodynamic heat flux was 
varied from 25 kW/m 2 (2.2 Btu/ft 2 -sec) to 306 kW/m 2 (27.0 Btu/ft 2 -sec) , and 
shear stress was varied from 29.2 Pa (0.61 lb/ft 2 ) to 232 Pa (4.85 lb/ft 2 ). 

This range of conditions represents surface heat flux below, at, and above the 
nominal Mach 6 aerodynamic heat fiux at the reference location 254 cm (100 in.) 
from the nose of the hypersonic research aircraft. (See fig. 1 and table I.) 
The higher or more severe aerodynamic heat-flux conditions could represent 
interference heating, or increased heat flux associated with flight at a lower 
altitude, higher angle of attack, or higher Mach number. The tests on panel 2 
(table 111(b)) and panel 3 (table 111(c)) were at heat-flux and shear-stress 
levels representative of the reference location for the nominal Mach 6 cruise 
conditions except for the very short exposure during the last test (test 7) on 
panel 3; the aerodynamic heat-flux and shear-stress levels for this test were 
equivalent to. those of test 10 on panel 1. 

RESULTS AND DISCUSSION 
Boundary-Layer Characterization 

A typical boundary- layer velocity profile is presented in figure 9 for a 
panel-holder angle of attack of 7° for test 7 on test panel 2. The ratio of 
the local velocity to the velocity at the edge of the boundary layer U/U e is 
plotted as a function of the ratio of the normal distance from the surface to 
the boundary-layer thickness y/5. The experimental results, indicated by the 
symbols, are compared with the curves obtained using reference 9. For calcula- 
tion of the experimental velocity, the. Rayleigh equation with the measured 
static pressure at the surface, the pitot pressure, and the total temperature 
was used, and an isentropic relationship between static temperature and the 
measured total temperature was assumed. The boundary-layer thickness 6 above 
the panel-holder surface was determined by the accepted criterion - local 
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velocity equal to 0.995 of the free-stream velocity above the panel-holder sun 
face. The free-stream velocity had a maximum standard deviation of 0.008 of 
the mean velocity at a distance normal to the surface from 2.80 cm (1.10 in.) 
to 7.62 cm (3-00 in.) with a minimum of 15 data points. The experimental 
boundary-layer velocity profiles agreed with the predicted turbulent profile 
obtained by using reference 9. Similar comparisons for the other tests indi- 
cated that the boundary layer on the panel holder was fully turbulent for all 
tests. 


Test Panel 1 

Low aerodynamic heat flux .- The first 6 tests on panel 1 (table 111(a)) 
represented the low aerodynamic heat flux and shear stress for the initial por- 
tion of a flight trajectory (ref. 1) or locations on the aircraft where the 
aerodynamic heat flux was below that of the nominal Mach 6 conditions of 
table I. During the first four tests, the maximum temperature measured by the 
embedded thermocouples of both the striated and reinforced SLA-220 was 575 K 
(1035° R); during the next two tests, the maximum temperature was 711 K 
(1280° R) . The most noticeable change in the striated material after the first 
six tests was a slight opening of the striations because of material shrinkage 
from pyrolysis. The only visible change in the reinforced material was a dark- 
ening of the honeycomb cell walls. 

Nominal aerodynamic heat flux .- The first significant change in the 
appearance of the test panel occurred during tests 7 and 8. (See 
table 111(a).) Figure 10 shows the panel condition after these tests. The 
maximum temperature measured by the embedded thermocouples was 850 K (1530° R) . 
The surface of the striated and reinforced SLA-220 pyrolyzed forming a silica 
char. The striated SLA-220 eroded slightly, producing wider striations with 
rounded edges in the flow direction, an effect which did not occur in the span- 
wise striations. The reinforced SLA-220 changed very little. Localized cra- 
ters seen on the surface of the panel resulted from impingement by solid parti- 
cles which originated in the tunnel combustion chamber. 

Severe aerodynamic heat flux .- The next two tests (tests 9 and 10, 
table 111(a)) were conducted at heat-flux levels greater than those of the nom- 
inal Mach 6 condition and comparable with the cruise heat flux of Mach 8 flight 
conditions at the dynamic pressure listed in table I. The aerodynamic shear- 
stress level in tests 9 and 10, however, is about 35 percent higher than that 
given in table I. The appearance of. the panel after these tests is shown in 
figure 11. The striated SLA-220 eroded to a very noticeable and substantial 
extent, and the streamwise striations continued to widen. The reinforced 
SLA-220 has a rough irregular surface, and the material above the embedded 
thermocouples is absent. 

The last two tests (tests 11 and 12, table 111(a)) are representative of 
aerodynamic heat-flux and shear-stress levels anticipated in interference heat- 
ing regions. The panel, after these tests, is shown in figure 12. The. stream- 
wise striations of the striated SLA-220 have eroded into channels which 
increase in width with test-panel length. In contrast, the spanwise striations 
show minimal erosion. The reinforced material was more resistant to erosion; 
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the erosion formed a regular pattern of shallow channels between honeycomb 
cell -wall intersections. 

Posttest examination .- The posttest condition of the SLA-220 is shown in 
figure 13 by a series of spanwise-section photographs of test panel 1 illumi- 
nated by long-wavelength ultraviolet light. Ultraviolet light causes the char 
layer to appear fluorescent and allows it to be distinguished from the virgin 
material. Also, the char was identified by a difference in texture. In the 
reinforced material the additional fluorescence of the honeycomb is character- 
istic of the glass fiber/polymer resin material and does not indicate char for- 
mation. The char and its interface with the virgin material are typically 
labeled in figure 13(g). As indicated earlier, the striations increase in 
width from the leading edge to the trailing edge. Examination of figure 13 
also shows that for both the striated and reinforced SLA-220 the surface has 
receded from the original surface (0.5.) position; the reinforced material 
appears to have less recession than the striated material. The surface reces- 
sion and the char— virgin-material interface depth are plotted as a function of 
the streamwise panel length (xp/£) in figure 14. The thicknesses of the char 
and the virgin material are indicated. The distances plotted in figure 14 are 
averages of values measured from the middle two-thirds of the spanwise sec- 
tions. The surface recession increased with panel length on both the striated 
and reinforced sections. This result was not expected since aerodynamic heat 
flux was predicted to decrease slightly with panel length. Although the sur- 
face was very rough (fig. 12) after the severe heat-flux tests, the measure- 
ments presented in figure 14 indicate that at Xp/£ =0.9 no more than 25 per- 
cent of the reinforced material and 33 percent of the striated material was 
affected. The overall surface recession was 11 percent for the reinforced 
material and 16 percent for the striated material. All percentages are rela- 
tive to the original thickness of the material. 

From the tests and data of test panel 1 some tentative observations can be 
made about the SLA-220. The material in both the striated and reinforced forms 
remained reasonably intact and protected the underlying aluminum structure from 
the hot hypersonic test stream under conditions ranging from below the nominal 
Mach 6 cruise conditions listed in table I to conditions far more severe than 
the reference conditions. The material pyrolyzed and formed a silica char; 
however, the char did not remain intact. Both SLA-220 configurations experi- 
enced general surface recession. 


Test Panel 2 

Nominal aerodynamic heat flux .- Repeated flight exposures of test panel 2 
conducted at the nominal Mach 6 cruise conditions were used to evaluate the 
performance of SLA-220. A comparison of the conditions of this test, which are 
listed in table 111(b), with table I flight conditions shows that almost all 
aerothermal parameters of significance were either duplicated or closely simu- 
lated. The appearance and condition of the panel after test 3, or 122 seconds 
of cruise flight exposure, are shown in figure 15 and are similar to the 
appearance and condition of panel 1 after test 8 (fig. 10). As before, numer- 
ous impact craters caused by solid particles from the tunnel combustor were 
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evident. The appearance and condition of the panel are very similar to those 
of panel 1 after exposure to the nominal Mach 6 cruise conditions. 

Testing of panel 2 was terminated after nine test exposures so that the 
panel could be examined without further deterioration. Photographs of the 
panel following removal from the holder are shown in figure 16. The overall 
panel view in figure 16(a) shows localized craters, caused by particle impinge- 
ment, and damaged thermocouple plugs in the reinforced sections. Figures 16(a) 
and 16(b) show that the longitudinal striations, as observed on panel 1, have 
eroded to narrow channels that increase in width with panel length. Fig- 
ure 16(c) shows that shallow, wide channels between honeycomb cell-wall inter- 
sections were eroded on the surface of the reinforced material, which was more 
resistant to erosion than the striated material. The erosion through the stri- 
ations of section 3 , shown in figure 16(a), has cut short grooves into the 
reinforced material of section 4; conversely there is no appreciable effect of 
the reinforced material of section 1 on the downstream striated material of 
section 2. Under repeated exposure to the aerodynamic heat flux and shear 
stress of the nominal Mach 6 cruise conditions, panel 2 eroded and had a simi- 
lar appearance to that of panel 1 . 

Panel temperatures .- The maximum temperatures of the material, measured by 
the embedded thermocouples 0.32 cm (0.125 in.) below the surface, varied from 
about 849 K (1528° R) during the first four tests to a maximum of about 889 K 
(1600° R) during the last five tests. The temperature increased slightly with 
each exposure. The maximum surface temperature of the material, as measured by 
the radiometer, was about 1000 K (1800° R) during the first four tests and 
about 1080 K (1944° R) during the last five tests. A surface-temperature 
relief map of test panel 2 during test 8 is shown in figure 17. The edges of 
the material were slightly hotter than most of the surface. The sharp tempera- 
ture peaks represented local hot spots that were caused by recesses in the sur- 
face either from impacts or material loss over the thermocouples embedded in 
the material. The temperatures of the honeycomb-reinforced material were 
always 40 to 50 K (72° to 90° R) higher than those of the striated material. 
This temperature difference was probably due to differences in surface geome- 
try, density, and total emissivity because of surface roughness. 


Test Panel 3 

Nominal aerodynamic heat flux .- To investigate further the previously 
observed effect of panel length, panel 3 was tested at the nominal Mach 6 
cruise conditions. The combustion chamber was cleaned and overhauled to mini- 
mize sources of solid particles which impinged upon the surfaces of panels 1 
and 2. Test conditions for panel 3 are given in table III(c). 

After six tests and an aero thermal exposure time of 190 seconds, the con- 
dition of the panel was as shown in figure 18. The material exhibits charac- 
teristics similar to those of panel 2, although the level of the effects is 
less. The streamwise striations are wider than the spanwise striations and 
increase in width with panel length. Although not evident in figure 1 8 , there 
is a slight recession of the material that increases with panel length*. The 
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damage sites from 'impacting particles, principally iron oxides from the combus- 
tor, have been dramatically reduced but not eliminated. 

The last test on panel 3 was under almost the same conditions as test 10 
on panel 1. The test duration was short, only 15 seconds, since tunnel flow 
breakdown occurred in the test section. The panel is shown after the test in 
figure 19; damage to the SLA-220 from the abrupt pressure change was localized 
and limited primarily to the edges. 

Posttest examination .- The post test condition of the SLA-220 is shown in 
figure 20 by a series of spanwise-section photographs of panel 3 illuminated by 
long -wavelength ultraviolet light, which causes the char layer to appear fluo- 
rescent. Each photograph is identified by its distance from the leading edge 
of the panel. The striations increased in width from the leading edge to the 
trailing edge, although this effect is not as pronounced as it was on panel 1 . 
(See fig. 13.) The char on panel 3 (fig. 20) is more uniform than that on 
panel 1 (fig. 13). This is probably because the test conditions for panel 3 
were less severe; the test duration was shorter and the debris from the combus- 
tor was reduced. The surface recession and the char-virgin-material interface 
depth are plotted as a function of the streamwise length (xnA) in figure 21. 
The thicknesses of the char and the virgin material are indicated. As men- 
tioned previously, surface recesssion increased with panel length. The mea- 
surements presented in figure 21 indicate that at Xp/fi. = 0.9 about 27 percent 
of the SLA-220 was affected and the overall surface recession was about 5 per- 
cent. All measurements are relative to the original material thickness. Thus, 
the surface recession on panel 3 was about one-third that of the striated mate- 
rial of panel 1 , although the percentages of material affected differ only 
slightly. 


Erosion Mechanism 

The mechanism for material removal, or surface recession, in these tests 
appears to be erosion caused by two mairf sources of solid particles: 

(1) debris from the tunnel combustion chamber and (2) silica char dislodged 
from upstream surfaces of the panel. The silica char, composed of silica 
microspheres held together with very fragile mechanical bonds, is a very sig- 
nificant source of erosion particles. The silica microspheres within the char 
could easily be dislodged by the multidirectional shear forces of a compres- 
sible turbulent boundary layer which scrub the exposed surfaces. Once free, 
the microspheres, as small as 30 pm (1.2 mils) in diameter, would be acceler- 
ated to velocities approaching the local velocity. Thus, the cloud of high- 
velocity silica particles would increase in particle density and become 
increasingly abrasive to the test panel as panel length increased. 

The particulate densities from the two sources in these tests were evalu- 
ated for panel 3. After the first six tests of panel 3, there were about 
1400 impact sites on the panel caused by particles from the combustor. Thus, 
there were about 17 impacts per second and a particle flux of about 43/m 2 -s 
(4/ft 2 -sec). The size of these particles is unknown. The particle flux 
from the char impacting the surface was estimated to be 2.16 x 109/m 2 -s 
(2 x 10®/ft 2 -sec) . This flux was determined from the measured recession, the 
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ohar composition, and the time-variant properties of the compressible turbulent 
boundary layer. The silica particle size varied from 30 to 125 ym (1.2 to 
4.9 mils). It was concluded that in these tests the larger particles from the 
combustor caused discrete and random damage to the SLA-220 test panels. How- 
ever, the silica particles from the SLA-220 char, which had a particle flux 
about 20 x 109 times that of the combustor particles, caused a uniform surface 
erosion of the test panel. The erosion was more pronounced in the streamwise 
striations, since the local flow probably attached to the sidewalls and the 
upper edges of the streamwise striations. Therefore, erosion from the high- 
velocity silica cloud would cause the streamwise striations in the SLA-220 to 
increase in width with time and panel length, and would cause the upper edges 
to become rounded. Eventually, the streamwise striations would become stream- 
wise channels. The spanwise striations would not experience such a preferen- 
tial erosion. The reinforced SLA-220 would also be subjected to such an abra- 
sive mechanism; however, the intersection of the honeycomb cells is more 
resistant to the erosion which results in the formation of shallow channels 
between the honeycomb cell -wall intersections. Therefore, the proposition that 
the SLA-220 forms a durable char layer and performs primarily as an insulator 
was not demonstrated in tests at the nominal Mach 6 conditions. 


Radiant Heating Tests 

The aerodynamic tests simulated cruise heat flux but imposed a lower total 
heat load than predicted for the entire flight. Consequently, the aluminum 
carrier-plate temperatures did not reach the structural temperatures expected 
during flight. To evaluate the effects of a total flight heat load, test 
panel 2 was exposed to two radiant heating cycles which were programmed to 
simulate surface temperatures during flight. During the radiant heating tests, 
panel 2 was exposed to the surface-temperature history shown in figure 22. 

This temperature history is realistic for the nominal Mach 6 flight conditions. 
In figure 22 the surface temperature of the striated SLA-220 was measured by a 
radiometer. The temperature 0.3 cm (0.13 in.) below the surface and the tem- 
perature of the aluminum carrier plate were measured by thermocouples. The 
temperature of the aluminum carrier plate increased 147 K (265° R), which is 

close to the 167 K (300° R) predicted for the nominal Mach 6 flight conditions. 

During another radiant heating test, the panel was inadvertently heated 

to a surface temperature of 1488 K (2678° R), which was nearly 400 K (720° R) 

higher than the maximum surface temperature predicted for flight. The carrier- 
plate temperature increased 257 K (463° R). The upper surface of the SLA-220 
decomposed to form a chalky, rubbery residue. (See fig. 23.) The deposits 
were more pronounced along the upper edges of the honeycomb walls and in the 
striations than on other parts of the surface. 

Photographs of a series of spanwise sections of test panel 2 illuminated 
by ultraviolet light are shown in figure 24. The radiant heating tests pro- 
duced the dark layer, which did not occur in the material exposed only to con- 
vective heating. (Compare fig. 24 with fig. 13.) During the convective heat- 
ing tests, pyrolysis occurred in a well-defined zone at the char— virgin-material 
interface, below which essentially no reactions occurred. Most of the carbon 
and hydrocarbon compounds produced by pyrolysis combined with oxygen from the 



boundary layer and escaped through the porous char. In contrast, the reaction 
of the material during radiant heating is partly due to the transparency of the 
material to radiation, which produced higher temperatures and pyrolysis reac- 
tions in greater depth than did convective heating. These reactions probably 
occurred at lower temperatures and at different rates to produce different com- 
pounds than those resulting from convective heating. However, the reactions in 
depth occur in a deficiency of oxygen, so that carbon and hydrocarbon products 
are not oxidized but form the dark layers shown in figure 24. In addition, 
surface irregularities such as the eroded striations form radiation paths which 
increase the radiation penetration. As a result of the radiant heating, the 
material affected by the heating was as great as 60 percent, as compared with 
33 percent for test panel 1 , which was tested at more severe aerothermal 
conditions. 

The results of testing panel 2 show that radiant heating does not simulate 
convective heating such as that encountered in flight because of the different 
temperature gradients produced in the material as a result of different heating 
and shielding mechanisms in the material. Moreover, during radiant heating 
there are no aerodynamic shear stresses to remove material from the surface. 


CONCLUDING REMARKS 

An ablative material (SLA-220) composed of silica-filled elastomeric sili- 
cone was tested to evaluate its thermal and structural performance as a heat 
shield for a hypersonic research aircraft. The SLA-220 was also tested to 
determine whether it would form a durable char layer when initially heated and 
thereafter function primarily as an insulator with little further pyrolysis or 
char removal. Three panels, consisting of the SLA-220 bonded to aluminum sub- 
strate panels, were aerothermally tested in the Langley 8-foot high-temperature 
structures tunnel at heating conditions representative of nominal Mach 6 cruise 
of the aircraft. Additional tests representative of Mach 8 cruise and inter- 
ference heating conditions were performed. Radiant heating tests were used to 
simulate on one panel the complete nominal Mach 6 flight surface-temperature 
history, which could not be simulated in the tunnel because of run-time 
limitations. 

The structural performance of the SLA-220 during aerothermal tests was 
poorer than expected. The SLA-220 formed a silica char, but the char was not 
stable; that is, it did not remain intact after repeated aerothermal exposures 
at the nominal Mach 6 cruise condition. Both striated and reinforced SLA-220 
experienced a general surface recession, with the primary mechanism for char 
removal being erosion. The erosion was probably due to impacting silica parti- 
cles which were dislodged from upstream char surfaces by the multidirectional 
shear forces of the turbulent boundary layer. These particles then impacted 
the downstream surfaces as a result of the forces of the compressible boundary 
layer and became increasingly abrasive to the test panel as panel length 
increased. The streamwise striations increased in width with panel length, and 
the streamwise edges of the striations became rounded. The reinforced SLA-220 
was more resistant to erosion, but shallow streamwise channels formed between 
the honeycomb cell-wall intersections. The radiant heating tests of the panel, 
which represented the surface-temperature history of the entire Mach 6 flight, 



showed that radiant heating is not a valid technique for simulating aerodynamic 
heating of the SLA-220 material. The different heat-transfer mechanisms of 
radiant heating caused more severe degradation of the SLA-220 than that of 
aerothermal heating. 


Langley Research Center 

National Aeronautics and Space Administration 
Hampton, VA 23665 
September 23, 1977 
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TABLE I.- AEROTHERMAL CRUISE CONDITIONS FOR A HYPERSONIC RESEARCH AIRCRAFT 
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a Nominal Mach 6 cruise condition. (See fig. 
b 254 cm (100 in.) from nose. 





































TABLE III.- TEST CONDITIONS 
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a Nominal Mach 6 cruise conditions. 










TABLE III.- Continued 
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TABLE III.- Concluded 
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Figure 1.- Hypersonic research aircraft and nominal Mach 6 trajectory. 
(Reference location for heat flux: 254 cm (100 in.) from nose.) 
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Figure 4.- Panel holder details and instrumentation. 
All dimensions are in cm (in.). 
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Figure 5.- Top view of panel holder in test section. 
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Figure 6.- Thermocouple locations and installation details for 
test panels 1 and 2. All dimensions are in cm (in.). 
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Figure 7.- Boundary-layer survey probe. All dimensions are in cm (in.) 
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Figure 11,- Panel 1 after test '10. 
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Figure 15.- Panel 2 after test 3. 






Figure 16.- Panel 2 after test 9. 
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Figure 16.- Continued. 
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Figure 17.- Surface -temperature relief map of panel 2 during test 8 
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Figure 20.- Spanwise-section photographs of panel 3 























Figure 24.- Spanwise-section photographs of test panel 2. £ = 50.8 cm (20.0 in. 


